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The need was identified for a high-performance bipropellant rocket engine in the 20-kN range for use with
Ariane 5, for the transfer of telecommunication satellites to geostationary orbit, and for scientific (interplanetary)
missions. The concept deals with a high-performance, pump-fed storable bipropellant engine using monomethyl
hydrazine and nitrogen tetroxide propellants. Its target specific impulse of 345 s is close to the theoretical
maximum value possible for this propellant combination. The versatility of the advanced technology engine may
be enhanced by using it in combination with a general purpose orbital propulsion module for the transfer of
stacks of two or three satellites. To develop the concept in detail, design and study contracts were placed with
five European propulsion companies. Engine requirements were derived from mission analyses. The studies
lead to the selection of a precombustion cycle engine design with a specific impulse over 350 s, which could be
developed in Europe in eight years for a cost of 123 million accounting units.

Nomenclature
C* = characteristic velocity
I,, = specific impulse

p. = chamber pressure
nozzle expansion ratio, exit area/throat area

I. Introduction

O assess the usefulness of a high-performance bipropel-

lant engine, for use as an upper-stage engine, an apogee
boost motor (ABM), or an engine for interplanetary missions,
a number of mission analyses were made. The performance
of such an engine was compared with existing engines or
engines under development. The mission analyses also served
to define engine requirements.

One of the main objectives of the detailed design studies
was to investigate whether the high-target specific impulse
(=345 s) was feasible, and whether such a development would
be possible within Europe. After various engine cycle studies,
a final tradeoff was made between a high-pressure gas gen-
erator (HPGG) cycle and a precombustion (PC) cycle. Be-
cause of its higher performance, better capacity for future
growth, and the wish to stimulate advanced technologies, the
PC cycle was selected. For the main components detailed
designs were made. Two engine versions emerged: one re-
generatively cooled with a metallic chamber and nozzle and
the other one film cooled, with a ceramic composite thrust
chamber and nozzle. For a similar performance, the ceramic
version is about 20 kg lighter. The engine would increase
payload mass capabilities for all space missions; in particular,
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when used as an upper stage for the Ariane 5 launcher; in
that case it would increase the Ariane 5 payload capability
by 10%.

Based on the detailed designs, development, test, and cost
plans were made. They indicate that an engine may be de-
veloped in eight years for a cost of 123 million accounting
units (MAU) + 17 MAU for a technology phase. The re-
curring costs of the engine are estimated at 1.68 MAU (all
costs at 1990 economic conditions).

Il. Mission Analysis and Applications for the ATE

The objective of the mission analysis is on one hand to
identify the potential for the ATE from a mission point of
view and on the other hand to derive the operational require-
ments for the engine. The ATE was initially compared with
various existing engines, or engines under development, for
a number of missions: Earth Orbital Missions, a Comet Ren-
dez-Vous and Return Mission, and a Mars Orbit and Return
Mission. Engine performances are given in Table 1 with the
launch vehicles: Ariane 5 and Titan 4.

A. Earth Orbital Missions

The detailed mission analysis was made by Smalley' with
a sophisticated optimization code. This code also analyzed
the optimum steering strategy (four were considered). In most
cases tangential steering gave optimal results; in a few cases
single axis slew steering gave a minor advantage.

Three types of transfer were considered: 1) LEO = GEO,
2) GTO = GEO, and 3) LEO = GTO. (LEO = low Earth
orbit, GEO = geostationary orbit, and GTO = geostationary
transfer orbit.) Two effects dominate performance: specific
impulse and thrust level. If one has low thrust levels, gravity
losses become important for trajectories starting from LEO.
With two burns, the gravity losses for the ATE are only 2%.
For engines with a lower thrust (3 kN), gravity losses easily
amount to 17%. These losses may be reduced by increasing
the number of burns near the apogee.

The results of mission analyses, for launches with Titan 4
and Ariane 5, based on Hohmann transfers, are given in Table
1. The upper-stage engines that were considered, their main
characteristics, the launcher performance, as well as their
target orbits, are also listed. In case of delivery to GTO, the
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Table 1 Launcher characteristics, engine performance, and payload into orbit
Launcher Ariane 5 Titan 4
Apogee X perigee, target orbit 550 x 550 km 259 x 148 km
Inclination, target orbit 7 deg 28.6 deg
Payload into target orbit, kg 18,000 17,800
Thrust, I, LEO-GEO, LEO-GTO, LEO-GEO, LEO-GTO,
Engine kN m/s Remarks kg kg kg kg
L-7 27.5 3099 Pressure fed 5242 8416 4475 8104
Transtage 17 3217 Pump fed 5485 8653 4706 8339
XLR 132 16.7 3334 Pump fed 5719 8879 4933 8565
ATE 20 3383 Pump fed 5814 8971 5025 8657
STAR-75 202 2824 Solid motor _— 7316* _— 70100
2 x STAR-75.
Infrared Earth Sensor N2 RCT MMH Tank Table 2 Return mission Churyumov- Gerasimenko
Module Number
Final mass, Burn time, of
kg min burns
With Ariane 5 (initial mass 15,000 kg)
Earth escape 4145.5 30.65 3
Retargeting towards Earth 3307.4 2.37 1
Comet arrival maneuver 2438.2 2.47 1
Comet departure maneuver 1877.4 1.59 1
Sum total — 37.08 6
Digital Sun Sensor Main Engine NTO Tank With Shuttle (initial mass 27,210 kg)
Fig. 1 OPMs for the ATE; left: dedicated OPM,? right: modular Earth escape 7480.9 55.68 6
OPM.? Retargeting towards Earth 5990.8 4.2 1
Comet arrival maneuver 4400.4 4.52 1
Comet departure maneuver 3390.9 2.86 1
Sum total —_ 67.26 9
Table 3 Mars return mission
Final mass, Burn time, Number
kg min of burns
Eurostar Type
Satellite GTO-heliocentric orbit 5652 6.63 1
Mars arrival maneuver 3042.9 7.37 1
Mars departure maneuver 1640.4 3.96 1
Sum total — 17.96 3

Interface

Main Engine
/

Fig.2 Stacking of satellites on an OPM for an Ariane 5 configuration.

satellite ABM has to inject the satellite into GEO. In case of
delivery to GEO, no satellite ABM is required.

Due to its high target I, (3383 m/s), the ATE in all cases
injects the highest mass in orbit. Pressure-fed systems are
penalized by their high tank mass because of high tank pres-
sures. Titan 4 suffers from the high inclination of its launch
site as compared to Ariane 5. In all cases the GEO target
orbit had a 0-deg inclination. As all engines have a high thrust
level, gravity losses are comparable and small. The mission
analyses identified that for ATE Earth orbital missions, the
longest total burn time is 34 min.

B. Orbital Propulsion Module and Stacking

The ATE takes full advantage of Titan’s and Ariane 5’s
capacity to launch two or more spacecraft simultaneously. By
using an orbital propulsion module (OPM) it is possible to

transfer each satellite directly from LEO (or GTO) into its
required GEO position, eliminating the need for a separate
ABM for each satellite. The OPM is a fully autonomous stage,
with its own control system. The ATE allows for thrust vector
control (TVC), whereas cold-gas thrusters are used for roll-
control and small attitude corrections. Two designs were made
for OPMs. Kruzins? reported on a dedicated OPM, whereas
Hobbs** reported on a modular OPM (Fig. 1). The modules
allow the construction of OPMs of various sizes, out of com-
mon building blocks.

The OPM carries a stack of satellites, and is housed in the
payload bay of the launcher (Fig. 2). After injection into LEO
or GTO, the OPM is released and moves to the position where
the first (top) satellite is injected. Subsequently, the OPM
moves to the next position, releases the next satellite, etc.
This eliminates the need for apogee propulsion on individual
satellites. After injection of the last satellite, the OPM is put
into a graveyard orbit. Of course, the ATE may also be used
as a classical ABM for large satellites.

C. Interplanetary Missions

Two interplanetary missions were analyzed by Elliott®: 1)
a Comet Rendez-Vous and Return Mission and 2) a Mars-
Orbit and Return Mission. Launch vehicles were Ariane 5
(an earlier version with 15,000-kg payload into LEO) or the
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U.S. Space Shuttle. For all return missions aerocapture at
Earth was assumed.

1. Churyumov-Gerasimenko Mission

For the comet mission, comet Churyumov-Gerasimenko
was selected. The results of the mission analysis are presented
in Table 2. A similar analysis using a 3-kN engine returned
1560- and 2683-kg mass-to-Earth for Ariane and Shuttle, re-
spectively. This indicates benefits of 300700 kg, respectively.
The useful payload mass for the ATE version is larger by at
least 200 kg as the pump-fed ATE allows lighter propellant
tanks.

2. Mars Return Mission

This mission was only analyzed using an Ariane 5 with an
H-10 cryogenic upper-stage. This configuration puts 8000 kg
into GTO, but is not considered for Ariane 5 anymore. The
results are given in Table 3. A similar mission with a 3-kN
engine would return 1505 kg to Earth.

HI. Derived Requirements

The mission analysis is based on the assumption that a
specific impulse I, > 3383 m/s can be achieved. The first
requirement, therefore, is that this target I, can be met or
exceeded.

For Earth Orbital missions, the longest identified total burn
time is 34 min; for interplanetary missions the longest burn
time is 67 min on the Shuttle; for an Ariane 5 Comet Return
Mission the longest burn time is 37 min. A nominal life of 1
h has been specified. This gives a large margin for all Ariane
5 missions, and is close to what is required for a Shuttle Comet
Return Mission. For qualification, 4 h total burn time is re-
quired.

The maximum number of burns that has been identified is
nine. The ATE is requested to have at least the capability for
10 starts during operation, and 20 starts for qualification. This
mainly affects the fatigue life of the thrust chamber if man-
ufactured with coolant slots in a metallic liner.

The thrust level is 20 kN. A higher thrust level would be
acceptable and is advantageous for the turbopump design.

No need for throttling could be identified. However, a
throttling capability from 90 to 100% full thrust is specified
for flexibility. This puts a lower limit on the coolant pressure
because the coolant has to remain at supercritical pressures.

TVC is required during orbit transfer and maneuvering.
The TVC specifications are 15 deg/s with a maximum deflec-
tion of 15 deg in all directions.

For the transient operations, i.e., startup, shutdown, and
throttling, the mission analysis does not give clear require-
ments. For the time being, it is specified that all transient
operations shall be accomplished within 3 s.

IV. Cycle Selection

From tradeoff studies®~# on a large number of engine cycles,
a HPGG cycle (Fig. 3a) and a PC cycle (Figs. 3b and 3c)
emerged as the most promising.

All major European liquid propulsion industries partici-
pated in selecting the cycle for the ATE. A number of im-
portant points emerged, which are summarized in Table 4.
The selection is based on an overall assessment of these con-
siderations. There is a slight preference for the PC cycle based
on overall performance. The final decision favored the PC
cycle. This was also based on the agency’s wish to develop
advanced technology within Europe. The application of the
PC cycle to storable propellants is new for Europe.

V. Engine Design
A. Combustion Chamber Design

A core mixture ratio of 2.32 has been selected to achieve
maximum specific impulse. To meet the required thrust of 20

a) b) c)

Fig. 3 Engine cycles: a) HPGG cycle, b) PC cycle for metallic version
regeneratively cooled, and c) PC cycle for CMC version film-cooled.

kN a mass flow rate of 5.81 kg/s is required. A chamber
pressure of 9 MPa was selected to keep the coolant pressure
above the critical pressure.

The heat flux increases with chamber pressure to the power
0.8. At a chamber pressure of 9 MPa, at most 20% of the
fuel is required for film cooling. Detailed heat transfer anal-
yses revealed that the wall temperature limits may be met
without film cooling increasing the C* efficiency from 98 to
99.5% (I, losses due to film cooling ~70 m/s). Heat transfer
analyses indicated that with film cooling it might be possible
to increase the chamber pressure to 11 MPa.

An injector pressure drop of 1.5 MPa has been selected,
based on experience from the engine manufacturers. How-
ever, for the specific types of injectors (see Sec. V.B) the
experience is very limited. As a large part of the propellants
is injected in gaseous form, no pressure drop for atomization
is required. On the other hand, there must be a large enough
pressure drop to prevent the chamber pressure variations from
disturbing the injection process. Whether the value of 1.5
MPais sufficient for stable and efficient engine operation must
be verified during injector development and engine tests.

Two different designs have been studied: 1) a traditional
metallic chamber and 2) a ceramic chamber. The ceramic
design saves mass (10 kg) and eliminates the complex regen-
erative cooling system. Film cooling, in fact, is sufficient to
keep the wall temperature below the limit for modern ceramic
materials and can maintain the expected high-performance
level (1, > 3383 m/s).

1. Metallic Combustion Chamber

The ATE metallic combustion chamber (Fig. 4) is regen-
eratively cooled by supercritical nitrogen tetroxide (NTO)
flowing through 122 longitudinal slots.

The operating chamber pressure is 9 MPa and the overall
mixture ratio is 1.86. A 20% fuel film cooling is assumed, but
probably is not required. Because of the engine restartability
requirements, material fatigue characteristics are important.
After an initial tradeoff of various materials, two were as-
sessed in more detail: 1) the copper-based alloy NARloy-Z
and 2) the oxide-dispersion strengthened nickel-chromium al-
loy INCONEL MA754.

NARIloy-Z has a high thermal conductivity yielding a low
operating temperature (~770 K). It creep-hardens, which re-
duces bulging of the thin inner walls (creep ratcheting). How-
ever, the NTO, used for cooling, requires the cooling channels
to be gold coated. Manufacturing of such chambers is well
established.

INCONEL MA754, has good high-temperature strength,
creep and corrosion resistance, and is compatible with NTO.
The operating temperatures are higher than for NARIloy-Z
(~1300 K). Manufacturing of a superalloy chamber is not yet
fully developed. Finite element models of two designs and a
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Table 4 Cycle selection criteria
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PC

HPGG

Precombustor

Turbopump

Turbopump development, costs, and design
Main injector
Nozzle extension

System analysis/performance and layout
Risk assessment and manufacturing aspects

Development plan and cost estimate
Revenue and market aspects

Conclusion

Oxidizer-rich precombustor, two-stage
injection’ required

Sealing and testing are critical

Development, costs, and risks higher

Pintle or swirler injector, development
longer and more expensive

Simple nozzle design

40-80 m/s more I,

Better off-design performance, in case
of change from PC to HPGG, several
PC components can be used without
major modifications

Development time eight years, devel-
opment costs 100%. More complex

Al,, = 40-80 m/s; this gives 60—120 kg
more useful payload into orbit

Preference for PC cycle

Fuel-rich gas generator, possible problem of
soot deposits in the turbine and high tem-
peratures

Aerodynamically loaded partial admission
turbine, simple testing, axial balancing, and
soot deposits

Turbopump design is more critical

Impinging jet injector, recurring costs of the
injectors larger

Injection of turbine exhaust gases into the
nozzle extension is necessary (perfor-
mance)

Difficult to modify in case of future growth

Sensitive to individual efficiencies of com-
ponents; testing and integration is
straightforward

Development times eight years, develop-
ment costs 90%

Less financial benefits for the satellite op-
erator

FIBRE OVERVIEW

STRAIN RELIEF / STRAIN
COMPLIANT JACKET

TRANSITION LAYER
1

Fig. 4 ATE metallic combustion chamber.

simplified NASA life prediction technique have been used to
simulate cyclic loading of the liner'” and to predict low-cycle
fatigue behavior for both materials. Moreover, validation tests
were carried out on coupons. The simulation of the cyclic
loading indicated that fatigue life for INCONEL MA754 at
these high temperatures might not meet the qualification re-
quirements of 20 starts.

NARIoy-Z was selected because of its thermal conductivity,
its good resistance for cycle fatigue, and because of the doubts
with regard to the fatigue life of INCONEL MA754.

The closeout of the coolant channels is by a gold-plated
electrodeposited copper transition layer. This is covered by
a strain relief compliant jacket that allows thermal expansion
and contraction of the inner liner, hence, further reducing the
danger of creep ratcheting. The strength of the combustion
chamber finally comes from a fiber overview.

2. Ceramic Combustion Chamber

A ceramic composite material design has also been
made. !> Two silicon—carbide fiber matrix composites have
been considered: 1) SEPCARBINOX 2D (with woven carbon

Table 5 Comparison between CMC and metallic
combustion chamber

CERASEP Metallic
chamber chamber
Chamber length 224 mm 178 mm
Contraction ratio 3 10
Exit area ratio 10 35
Regeneratively cooled No Yes
Film cooled Yes Possible
Percent fuel used for film 24.3 20
cooling
Film mixture ratio, O/F 0.4 0
Film cooling perfor- 72.5 m/s 111.8 m/s
mance losses
Pressure 9 MPa 9 MPa
Core flow mixture ratio 2.15 2.32
Combustion efficiency 99.5% 99.5%
Overall chamber mass 4 kg 14.1 kg

fiber reinforcement) and 2) CERASEP" (with woven silicon—
carbide reinforcement). Only film cooling and radiation cool-
ing are necessary, since the ceramic materials can withstand
working temperatures up to 1870 K. The design is a cylindrical
thrust chamber with small contraction ratio; the dimensions
are given in Table 5. It is seen here that the contraction ratio
and exit area ratio are different for the metallic and ceramic
combustion chamber. The smaller contraction ratio for the
ceramic combustion chamber stems from manufacturing con-
siderations. The larger exit area ratio for the metallic chamber
is because the high wall temperatures require active (regen-
erative) cooling. As the ceramic material can withstand much
higher temperatures, the exit area ratio could be reduced,
which is advantageous for the manufacturing process, if a
ceramic nozzle is also used.

Maximum mechanical loads and thermal stresses occur im-
mediately after the ignition and determine the dimensions. A
wall thickness of 6 mm is required for CERASEP, whereas
4 mm is sufficient for SEPCARBINOX, which has a better
thermomechanical behavior but is less oxidation resistant. It
can operate in an oxidizing environment for 1 h at maximum.
As further mechanical improvement of CERASEP is ex-
pected, this material has been selected.

A screwed-bonded coupling joint located at an area ratio
of 10 is used to connect the combustion chamber to the nozzle
extension. Leak tightness is ensured by a ceramic adhesive
seal. The injector can either be brazed to the combustion
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Table 6 Results of heat transfer analyses

Fiat"® Volvo'*
Channel height, mm 2.4 2.4
Heat transfer coefficient, kW/m¥K 28.5 30
Heat flux, MW/m? 74 80
Coolant velocity, m/s 30 45
Gas side wall temperature, K 820 780
Coolant pressure, MPa 14.5 14
Mean coolant specific heat, kJ/kgK 2.98 2.19
Coolant pressure drop, MPa 0.16 0.54
Coolant temperature rise, K 164 254
Coolant enthalpy rise, ki/kg 488 556
Overall heat transfer, MW 2.0 2.27

4 pikg/m3]
pixe According to Ref. 16

Saturated vapour bell

D Rccording to Ref. 17

1500

1000

500

Tc=432.37K
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!
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Fig. 5 State diagram for NTO (Ref. 17).

chamber or an expanded graphite seal can be used. These
solutions have not yet been demonstrated for the pressure
level (9 MPa), but are considered to be feasible in the near
future.

3. Regenerative Coolant Analysis

The metallic thrust chamber is regeneratively cooled with
supercritical NTO. The high heat fluxes exclude the use of
monomethyl hydrazine (MMH) (decomposition). The cooling
system has to meet the following requirements: the minimum
coolant static pressure at the throat section has to be well
above the critical pressure of NTO (10.1 MPa) to avoid nu-
cleate or film boiling (this implies a minimum channel height
=1 mm) and the maximum wall temperature (for NARIoy-
Z) has to be well below 820 K. The results of different coolant
analyses'*'* are summarized in Table 6.

The results mainly differ with regard to the coolant channel
pressure loss and the wall temperature distribution. This dif-
ference is rather small considering the uncertainty in convec-
tive heat transfer calculations. Where lower wall temperatures
were calculated' this was due to an enhancement of the cool-
ant heat transfer coefficient because of NTO dissociation, a
different approach to calculate the friction factor, and sub-

sequent higher coolant pressure drops. These differences also
lead to different values for the mean specific heat of the
coolant.

Regenerative cooling seems feasible without additional film
cooling. However, in case it would not be sufficient, film
cooling is possible. The maximum heat flux in the throat
region is below 80 MW/m? (for comparison: maximum heat
flux of SSME 120 MW/m?). However, there is a lack of ex-
perimental data concerning the quantitative effect of NTO
dissociation on the wall-to-coolant heat transfer, and the ac-
curacy of the calculated thermodynamic properties of super-
critical NTO is limited by the state of the art of the theory.
Only experimental work can improve this situation.

4. Thermodynamic and Transport Properties of NTO

The thermodynamic and transport properties of NTO under
supercritical conditions have been investigated.'® The NTO
working domain (Fig. 5) has been divided into two parts: 1)
the ““liquid domain” for temperatures lower than the critical
one and 2) the “gaseous domain” for higher temperatures.

In the gaseous domain, as NTO decomposes (N,O, < 2NO,),
chemical equilibrium is calculated by minimizing the Gibbs
free energy. The volumetric behavior is described by the Red-
lich—Kwong equation of state. Thermodynamic properties are
computed for an ideal gas and then corrected for pressure
effects. The heat of reaction (of NTO decomposition) is taken
into account for heat capacity and thermal conductivity. The
transport properties (viscosity and thermal conductivity) have
been determined by the Chapman—Enskog theory. In the
liquid domain, no dissociation is assumed. The volumetric
behavior of NTO has been calculated by using the corre-
sponding state liquid correlation (COSTALD), developed by
Hankinson and Thompson and extended by Brobst to the
compressed liquid zone. The thermodynamic and transport
properties are based on experimental results from the liter-
ature.

The results obtained are physically meaningful except in
the region close to the critical point. This is due to the lack
of theoretical models and experimental results describing this
region. However, the overall result is not affected.

5. Film Cooling Analysis

For the ceramic matrix composite CMC (CERASEP) com-
bustion chamber, the regenerative cooling is replaced by film
cooling. This simplifies the cycle layout as shown in Fig. 3c.
Using in-house computer codes, the film cooling was opti-
mized, taking into account the engine requirements and the
material limitations (1870 K}. A gaseous film with an initial
mixture ratio of 0.4 and an MMH mass flow rate equal to
24.3% of the total MMH flow rate has been selected. The
film cooling mixture ratio and the temperature evolution along
the chamber are given in Fig. 6. The film cooling efficiency
was estimated to 98% (I, losses).

< [ — 0.8
1.8 Total Temperature
1.6 0.8 L
= - - k]
5¥ 1.4 Mixture Ratio o«
=) [}
5 8 1.2 0.7 5
S
g 08 0.6 =
E
0.6 =
0.4 Static Temperature 0.5
0.2
G i L L 1 1 1 I 1 0.4
0l 0.4 0.8 1.2 1.6
Xaxis (m)

Fig. 6 Film cooling mixture ratio and temperature evolution along
the chamber profile.!!-!2
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B. Injector Design

The ATE injector must produce stable and efficient com-
bustion between 100-90% nominal thrust, during startup and
shutdown transients. In the proposed precombustion cycle the
injector uses three streams of fluid. The hot oxidizer (380 K)
coming from the regenerative cooling circuit is mixed with
oxidizer-rich hot gases from the turbine (830 K). This mixture
is introduced into the combustion chamber either via a central
pintle-type injector (Fig. 7a) or through a swirler (Fig. 7b).

Fuel is admitted to the chamber via multiple orifices sur-
rounding the pintle or the swirler. Part of the fuel may be
directed towards the chamber wall to provide film cooling if
necessary. The injector may have acoustic cavities along its
periphery to enhance combustion stability. Since the oxidizer
is at high temperature when it enters the injector and mixes
with a roughly equal mass flow rate of very hot turbine exhaust
gases, heat transfer to the fuel might cause premature de-
composition of the MMH and there is also a high risk of
thermal damage to the pintle. Therefore, a thermal barrier
has been placed in the injector body (Fig. 7). Protection of
the pintle may be by cooling it with oxidizer coolant (380 K);
alternatively, a refractory metal may be used for the pintle.
The use of three fluid streams requires an extensive test pro-
gram to achieve high combustion efficiency and stability under
operational conditions.

For the ceramic version a classical impingement or coaxial
injector is foreseen. The NTO and the precombustor gases
are mixed before passing through the injector. As there is no
coolant pressure drop, an injector pressure drop up to 2 MPa
is available and is considered to be sufficient.

C. Precombustor Design

An axial flow precombustor® with secondary injection and
an oxidizer-rich mixture ratio has been selected because the

OXIDANT

FUEL FILM COOLING

ANNULAR FUEL

Ny SHEET (OPTION 1)

(7227222727777
PINTLE

RECIRCULATION
ZONE

DISCRETE FUEL
JETS (OPTION 2)

a) INSULATION

OXIDANT

SWIRLER

TURBINE
EXHAUST

b) INSULATION

Fig. 7 Injector designs.

decomposition temperature of MMH for a fuel-rich mixture
exceeds the maximum inlet temperature for metallic turbines
(1079 K) by more than 100 K. It has the advantage of a simple
design. The hot flow can easily be confined to the center to
prevent wall burnout problems, which are typical for the more
complex reverse flow-type precombustors. Although an oxi-
dizer-rich mixture ratio leads to a corrosive environment while
the specific propellant consumption is higher, this type of
precombustor was selected. In addition, the Russian experi-
ence with oxidizer-rich combustors confirms this concept, al-
though this was not known at the time of the design. The high
overall precombustor mixture ratio (=15) requires secondary
oxidizer injection for two reasons: first, to ensure stable and
efficient combustion in a primary mixing and combustion zone
(close to stoichiometric mixture ratios) and second to enhance
turbulence in order to prevent hot spots (stratified flow) that .
might damage the precombustor and the turbine blades. The
primary mixing and combustion zone is surrounded by a dou-
ble-walled cylinder. The secondary oxidizer flow provides
cooling of the primary mixing and combustion zone by flowing
through this double-walled cylinder before it is injected into
the precombustor.

A preliminary sizing of the precombustor resulted in a length
=250 mm and a diameter ~50 mm. This size fits well in the
overall envelope of the ATE. CRES347 was selected, because
of its corrosion resistance. The maximum encountered wall
temperature is well below 550 K. The mass of the precom-
bustor including injector is estimated as 1.5 kg.

The resulting low C* value (694 m/s) is due to the oxidizer
rich mixture ratio. It is based on experiments with NTO and
hydrazine in the oxidizer-rich region.'* However, the precom-
bustor efficiency hardly affects the overall engine efficiency.

D. Turbopump

Several designs have been made and analyzed. All have a
single shaft arrangement with oxidizer and fuel centrifugal
shrouded pumps positioned at each shaft end (Fig. 8). The
shaft is driven by a single-stage axial flow turbine located
between the pumps because of cavitation and shaft critical
speed. The main turbopump parameters are listed in Ta-
ble 7.

The turbopump rotational speed has been optimized with
regard to the NTO pump delivery pressure considering speed
limitations due to minimum machinable turbine blade di-
mensions and pump impeller size, a maximum turbine blade
stress factor, and a maximum bearing speed.

A turbine entry temperature of 779 K was selected to keep
the turbine expansion ratio low and to avoid excessive pump
delivery pressures; this leaves sufficient margin with respect
to the maximum turbine blade temperature of 1079 K. For
the precombustion cycle the effect of turbopump efficiency
on I, is marginal.

The oxidizer pump is equipped with an inducer to avoid
cavitation. The shaft is rotating below the first critical speed.
Due to the high pressure and rotational speed, the bearing

VOLUTES TURBINE

NTO PUMP MMH PUMP

INDUCER A | o e \ BEARING

BEARING
SEALING SYSTEM

Fig. 8 Turbopump design.
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Table 7 Turbopump performance

Fiat

Volvo SEP

Royal
Ordnance

76,394
Reaction, single stage

Rotational speed, rpm
TURBINE type

Inlet pressure, MPa 12.66 14.7
Outlet pressure, MPa 10.94 12.5
Inlet temperature, K 800 990
Mass flow rate, kg/s 4.209 4.41
T-T expansion ratio 1.15 1.23
T-T efficiency 0.808 0.83
Shaft power, kW 116.5 176
PUMP type NTO? MMH? NTO*
Inlet pressure, MPa 0.4 0.4 0.4
Delivery pressure, MPa 15.2 12.6 20.8
Mass flow rate, kg/s 4.088 1.762 4.01
Specific speed 0.419 0.279 0.26
Efficiency 0.59 0.537 0.59
Required power, kW 70.7 45.8 98.3
Inlet outer diameter, mm 20 14 21
Impeller outer diameter, mm 36 41 54
Impeller exit height, mm 1.1 0.7 1.5

60,000

Reaction, single
stage, 50% admis-
sion

76,394
Reaction, single
stage, ceramic

76,394
Reaction, single stage

14.5 14.5

13.5 10.5

1300 779

1.8 3.16

1.075 1.38

— 0.9

145 162
MMH® NTO MMH* NTO* MMH®
0.4 0.4 0.4 0.4 0.4
18.8 17 17 19.5 18.1
1.83 3.74 2.17 3.77 2.03
0.16 0.348 0.223 0.330 0.227
0.54 0.64 0.57 0.59 0.54
72.7 65 80 85 76
15 18 —_— — _—
57 36 45 i —_—
1.5 1.5 1.7 _— —_—

“} axial + 1 centrifugal. "1 centrifugal.
and seal designs are critical. Seals are purged with helium
while bearings are cooled and lubricated by the propellants.

The turbopump designs have very high rotational speeds.
It is nevertheless possible to operate below the first critical
speed due to the small dimensions of the rotating parts, the
turbopump layout that leads to a good mass distribution and
an adequate location of the bearings, and because of the
proper selection of stiff bearings.

The turbine is started by helium supply until 24,000 rpm is
reached. Then hot gases are supplied by the precombustor.

The possibility of using CMC for the turbine wheel and the
shaft was also investigated. This turned out not to be an option
(see Sec. VI.B) because of the limited advantage compared
to the metallic option.

E. Nozzle Extension

As was done for the combustion chamber, two options were
studied for the nozzle: 1) a metallic and 2) a ceramic version.

1. Metallic Nozzle Extension

A detailed investigation'” of the various losses in the nozzle
extension showed a slightly lower nozzle efficiency than orig-
inally estimated. The boundary-layer losses, kinetic losses,
and divergence losses add up to 5.3%. Additionally, 2% I,
losses were considered in case of film cooling. Heat losses
due to regenerative cooling and low outer wall temperatures
are negligible.

The nozzle shape was determined by the Rao method.?
Design parameters and fundamental results are shown in Ta-
ble 8.

The divergence losses were estimated by comparing the
ideal one-dimensional 1, with that given by two-dimensional
calculations. An efficiency of 0.991 was derived. Kinetic losses
were determined by the RCTP (Ref. 21) computer code
(JANNAF procedure) and boundary-layer losses were com-
puted by the STANS code (Spalding—Patankar theory). Fol-
lowing this, the wall temperatures and heat transfer coeffi-
cients were calculated accounting for insulation and cooling.
As a result of stress analyses by two-dimensional finite ele-
ment methods (FEMs), the thickness immediately down-
stream of the flange where maximum temperature occurs was
increased to achieve a long creep life.

2. Ceramic Nozzle Extension

Also, a ceramic extension design was made'! based on SEP-
CARBINOX-Novoltex material. This is a C-SiC matrix rein-

Table 8 Nozzle design parameters and results
for p, = 9 MPa; expansion ratio, £ = 400

Parameter Value
Length, mm 910
Length injector exit, mm 1506
Throat radius, mm 19
Nozzle exit radius, mm 380
Nozzle exit angle, deg 10
Wall thickness, mm 3.0

Material Steel
Mass, kg 20

Table 9 Comparison between CMC and metallic nozzle extension

SEPCARBINOX Metallic
nozzle nozzle

Length throat-exit, mm 1324 1329
Bell type Parabolic Rao
Starting area ratio 10 35
Maximum wall temperature, K 1800 850
Nozzle efficiency, % 97.7 97.7
Nozzle mass, kg 14 20

forced by a carbon-based Novoltex texture. Experience exists
with manufacturing and firing of an HM7 engine with a No-
voltex ceramic nozzle. The oxidation resistance of this com-
posite still has to be validated for long firing times. The design
is based on a parabolic contour. The main difference to a
steel nozzle extension is the maximum adiabatic wall tem-
perature of 1870 K.

For a ceramic combustion chamber and nozzle the gim-
balling actuators have to be mounted on the injection plate.
If both combustion chamber and nozzle extension are made
from composite material a screwed-bonded coupling can be
used. If a metallic combustion chamber is adopted, this has
a bolted flange joint at an area ratio of 35; an expanded
graphite seal ensures leak tightness.

The use of SEPCARBINOX-Novoltex for the nozzle ex-
tension provides substantial weight savings (6 kg). Production
is possible without major developments and its cost is com-
parable to that of the metallic nozzle. A comparison between
a ceramic nozzle and a metallic one is given in Table 9.
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F. Control System

The engine control system is required to set and maintain
the engine operation conditions within a specified margin of
accuracy and stability. The control system has to provide a
reliable start and shutdown sequence with a transient time <3
s, stable operation, and health monitoring of the engine.

The fast transients during startup and shutdown of the en-
gine were modeled and analyzed in detail. Various safe and
reliable sequences have been defined. In any case the cal-
culated transient times® (1.1 s for startup, 2.15 s for shut-
down, and 0.5 s for throttling from 100 to 90% thrust) easily
meet the requirements.

In order to define the number and location of flow control
valves that are required for throttling, the steady-state off-
design performance of the engine was analyzed again. Stable
off-design engine operation at constant turbopump rotational
speed and turbine inlet temperature can be provided using
four flow control valves of which two are located in the main
chamber lines and two in the precombustor lines of the oxi-
dizer and fuel. To reduce the complexity of the control con-
cepts, concepts based on three- and two-flow control valves
were investigated. Stable operation is possible using only two
valves, allowing a reduction in turbopump rotational speed
and turbine inlet temperature. Figure 9 summarizes the results
for the two-valve concept. Both valves are located in the
precombustor lines.

Also shown in Fig. 9 are two latching valves located up-
stream of the pumps for starting and shutdown of the engine.

SHAFT ROTATIONAL SPEED [rpm]
77000

75000

73000

71000
18

MASS FLOW RATES [kg/s]
5

NTO

4
3
2

Pressure and temperature sensors at main engine locations as
well as a turbopump rotational speed sensor are required for
monitoring the engine operation.

VI. Performance Estimate

A. Metallic Version

The precombustion cycle has been optimized*-2¢ using the
cycle analysis code “CATE.” The results are summarized in
Table 10. The design and performance of various components
have also independently been verified in detail.

The important conclusion is, that indeed, a storable bipro-
pellant engine with an I, = 345 s (3384.5 m/s) is feasible.

B. Ceramic Version

The main changes are the deletion of the regenerative cool-
ing that results in a lower oxidizer pump delivery pressure,
change to a classical impinging or coaxial injector, and film
cooling. Furthermore, the optimum chamber pressure has to
be established, since NTO does not have to be above the
critical pressure.

A ceramic precombustor and turbine were also considered:
the precombustor mixture ratio becomes fuel-rich due to the
incompatibility of CMCs with the corrosive environment of
an oxidizer-rich mixture. As a result the turbine inlet tem-
perature increases from 779 to 1300 K.

The advantage is a decrease of the turbine expansion ratio,
resulting in lower pressures. The small expansion ratio to-
gether with small mass flow rates leads to very large turbine

TURBOPUMP POWER [kW]

120
110
PRESSURE [MPa]
100
42
90
18 19 20 41
40
39

1

-

0.15
0.14
013| MMH
012
0.11
0.10
18 19 20

VALVE PRESSURE
DROP [MPa)

2 NTO

[
-
MMH ™

0
18 19 20

TEMPERATURE [K]
800 TURBINE
860 INLET ——
820 ' COOLING
780

18 19 20

10

15
NTO 14
Mﬂ 12
MMH 1
10

18 19 20
16
15
14
18 19 203
9
8.5

8

18 19 20

Fig. 9 Cycle pressures (MPa), mass flow rates (kg/s) and component characteristics vs engine thrust (KN) for a two-valve arrangement.
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Table 10 Main component performance blade height-to-diameter ratios, resulting in a low efficiency
Unit and in high structural loads. Therefore, the use of ceramics
value for the precombustor and the turbine is not of interest.

Main combustion chamber C. Mass Breakdown
gore T‘XtPre 1atio 2.32 Table 11 shows the mass breakdown for the metallic and
Ct‘:erabl mixture ratll(\)/IPa 19%6 ceramic versions. Application of ceramics reduces engine mass
lamber pressure, : by 22%. The main savings are for the combustion chamber
Injector pressure drop, MPa 1.5 10 k d le (6 k
Overall mass flow rate, kg/s - 5.81 ( g) and nozzle ( g)'
Characteristic velocity, m/s 1,705
C* efficiency, % 98 VII. Development/Cost Plan
Nozzle extension The overall development plan is a compromise between
Th ffici 2.02 IR P P P
Tth[ Coeff!c}em ffici % o7 minimizing resources (cost and time) and development risk.
rust coethicient etficiency, % The development is complemented by a technology phase
Vacuum thrust, KN 20 f 17 MAU. lastine th f technolog:
Vacuum specific impulse, m/s 3,446.1 ot 17 MAU, lasting three years, (for new technologies) and
Precombustor running in parallel with the breadboard phase. The three
Precombustion pressure, MPa 14.5
Pri i i 3
Oréglr‘:{ nr?iztuurree rraattiloo 15 Table 11 Mass breakdown of metallic and
Injector pressure drop, MPa 2.9 ceramic version
Mass flow rate, kg/s 3.218 . R
Characteristic velocity, m/s 694 Melt(alhc, Cerl?mm,
C* efficiency, % 67.3 g &
Turbine Precombustor 1.3 1.3
Inlet temperature, K 779 Main injector : 5.2 5.0
Expansion ratio 1.38 Combustion chamber 14.1 4.0
Efficiency (T-S), % 87 Nozzle extension 20.0 14.0
Rotational speed, rpm 76,394 Valves 14.0 14.0
Shaft power, kW 162 Flanges and pipe work 4.1 4.1
Tank conditions Turbopump 15.5 15.5
Temperature, K 298 p 74.2 57.9
Pressure, MPa 0.5
Oxidizer pump
Inlet pressure, MPa 0.4 .
Outlet pressure, MPa 19.5 Table 12 Required hardware for development testing
Power, kW 85 ;
i Bread- Devel- Quali-
Mass flow rate, kg/s 3.77 Scati
Efficiency, % 59 Phase board opment fication =
Fuel pump Engines 2 4 1
Inlet pressure, MPa 0.4 Turbopumps 5 4 1 11
Outlet pressure, MPa 18.1 Nozzle extensions 3 4 1 8
Power, kW 76 Precombustors 4 4 1 9
Mass flow rate, kg/s 2.03 Combustion chambers 4 5 1 10
Efficiency, % 54 Gimbals —_— 2 1 3
Development Phases
Bri Ph
-

® Specification & Contract Placement

® Critical Technology Test Program
and Breadboard Component Design F |
¢ Breadboard Engine Test Phase and
Flight Standard Component Design L | | I |

Development Phase

o Flight Development Standard I ——
Component Manufacture and Test |J—l—|—|

o Flight Development Standard |
Engine Development ' 1

Phase D: 18 MAU
lification Ph

* Flight Standard Engine
Ground Qualification

| — >
years 1 2 3 4 &5 6 7 8

Fig. 10 Development time schedule.
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major phases: 1) breadboard, 2) development, and 3) qual-
ification and their subphases are shown in Fig. 10. In the
breadboard phase the basic component and engine perfor-
mance is verified and optimized. All major design iterations
take place in this phase. Tests at engine level are performed
as early as possible.

During the development phase it is verified that the engine
meets its specification. The development configuration in-
cludes all improved design features of the breadboard phase.
The performance will be tested throughout the whole oper-
ational envelope. During the qualification phase the engine
as well as the manufacturing processes will be ground-quali-
fied. The qualification model is identical to the last devel-
opment model.

Figure 10 also shows the nominal time scale and costs.
Together with the development time scales and costs, the risks
were also estimated. The nominal time scale assumes that no
major problems will be encountered. Including all contingen-
cies due to risks, the development would take 12 years. While
the nominal development cost amounts to 123 MAU spread
over eight years; the development cost, inclusive all contin-
gencies, would amount to 297.5 MAU. The development time
may be reduced by using duplicate test facilities and parallel
development efforts; this, however, would increase the de-
velopment costs.

The engine has a nominal mission life of 1 h and is 10 times
restartable. The operational life is 2 h and the engine will
be qualified for 4 h and 20 cycles. The number of engines
(7) and components for testing in each phase are given in Ta-
ble 12.

VIII. Testing

For a precombustion cycle engine extensive and integrated
testing is necessary. Not only testing of the individual com-
ponents, but also of the complete engine system is required.
In Europe an engine like the ATE probably is not built by
just one contractor; on the contrary, a number of subcon-

T1. Test Pre- T2. Cold Gas Turbo
Combustor Pump tests with
with conditioned . (simulated)
propellants propellants

Y Y

T4. Test of Injector T3. Test of

with slave chamber, Integrated Turbine
Pre-Combustor and ——#=1 and Pre-Combustor
conditioned Pumping of simu-
Propellants lated Propellants

T6. Test of Transient T5. Test of Flight
Operation, Pre- Type

Combustor, Turbo- g Chamber, Pre-Com-
pump, Injector and bustor, Injector and
Slave Chamber conditioned Propel-

lants
T7. Sea Level Test T8. As T7.
but with full

BB Engine Pre-
Combustor, Turbo- = Nozzle Extension in
pump, Injector and [ ™| Vacuum Facility
Flight Type Sea
level Chamber

Fig. 11 Schematic of test philosophy for ATE.

tractors will, under the coordination and responsibility of a
prime contractor, develop, build, and test the various com-
ponents, which then will gradually be integrated into a com-
plete engine.

A. Test Philosophy

Testing of individual components will be the responsibility
of the subcontractor(s) for these components. The subcon-
tractors may use dedicated test rigs of their own as long as
this makes sense. For instance, a propellant pump may be
tested with water and propellant in a dedicated test rig by a
pump subcontractor. However, a complete turbopump, which
has to be driven by a hot gas-generator, is easier developed
and tested in conjunction with an engine gas-generator. It
has, therefore, been decided to integrate the various com-
ponents in as early a stage as possible. The sequence of the
test philosophy is outlined in Fig. 11 for the breadboard phase.
This clearly shows the gradual buildup of the test facilities for
engine and component testing. Only the main development
testing during the breadboard phase is shown. The develop-
ment of smaller components like the valves and control system
is not shown here, but proceeds in a similar way. Testing the
various components this way minimizes the associated risks,
the investment in test equipment, and development time.

B. Test Facilities

In Europe, various test facilities for component develop-
ment are available. Both, Fiat Avio and Volvo Aero Cor-
poration have facilities to develop and test turbopumps. En-
gine and component test facilities are available at DASA,
DLR, and ESA in Lampoldshausen and at SEP. Royal Ord-
nance have test facilities for sea-level testing of components
and the complete engine. Vacuum facilities, although avail-
able in Europe, will have to be modified to allow for this size
of nozzle (area ratio 400) and to simulate TVC. All test fa-
cilities are computer controlled.

IX. Conclusions

Five major European propulsion companies have, under
ESA contract, studied the feasibility of a 20-kN storable bi-
propellant pump-fed engine. This resulted in a versatile pre-
combustion cycle engine design with a specific impulse ex-
ceeding 3440 m/s (350.6 s). The main components of this
engine have been designed and analyzed in detail. Two op-
tions emerged: 1) a metallic engine with a mass of 74.2 kg
and 2) an engine with a thrust chamber and nozzle extension
made of ceramic composite material. The latter engine has a
simplified cooling system and a mass of 57.9 kg.

Based on extensive development plans, it is estimated that
the nominal development in Europe will take eight years and
will cost 123 MAU. The recurrent cost for the ATE is esti-
mated to be 1.68 MAU.

Because of its high performance, an ATE-like engine could
substantially increase the capabilities of heavy launchers like
Ariane 5 or Titan 4, especially if used in conjunction with an
OPM. Using such an engine as an upper stage for Ariane 5
would increase the payload capability by 10%. The satellite
lifetime or revenue earning payload also may be increased
because of more payload into orbit. A typical large telecom-
munication satellite could increase its revenue earning capa-
bilities by 60 MAU over eight years by increasing the number
of transponders. By extending the amount of on-board pro-
pellant the satellite life may be extended by four to eight
years, also resulting in a substantial increase of revenue earn-
ing potential.
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